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B LEAD-CFF TALK ON COMPRESSOR, TURBIINE,

ATD TURBINI COOLING RESEARCH
by Oscar W, Schey

For efficient operation and maximum performance the tur-—
> bine inlet temperatures of turbojet engines are limited to
5 1300° I" and the pressure ratios to 8 or 10 to 1, whereas turbine-—
propeller engines for optimum performance should operate at or
near stoichiometric temperatures and pressure ratios of 30 and
b possibly as high as 60:1. Both types of engines require very
efficient and reliable components and a large volume flow per
e unit frontal area,

The conventional turbojet or turbine-propeller engine
utilizes for combustion about 1/3 of the air passing through
the engine., The limiting temperature of the turbine blades,
disks, burners, anc other turbine parts prevents the burning

> of all the air., If means could be provided for cooling the
parts of the turbine exposed to the ot gases as is done with
reciprocating engine parts, a much larger amount of the air
handled by the engine could be utilized and greatly increased
nower could be obtained,

The increase in specific power to be obtained by increasing
& the turbine inlet temperature is shown in figure J . At a tem-
perature of 1500° F the power is 120 horsepower, at 2000 it is
; 210, at 2500 it is 312 and at 3000 it is 427, This chart is
for a turbine-propeller engine having compressor and turbine
efficiencies of 90 percent, burner efiiciency of 95 percent,
and a pressure drop of 5 percent through the burner, and no

y heat loss. The bralke specific fuel consumption corresponding
to these powers and temperatures is 0,44 at 1500° F, 0.36 at
g 2000° P, 0,325 at 26009 ¥, snd 0,305 at 3000° P, It will be
B noted that the power can be increased approximately 3 times

and the fuel consumption reduced by approximately 118 by
increasing the temperature from 1500° F to 3000° ¥, 1In order
4 to obtain these improvements in economy and power, the pres-
sure ratio of the engine must be increased. The pressure
ratio civing maximum power at each temperature is also given
; on the fisure. At 2 temperature of 1500° F, it is 8, at 2000° F
1% 1813, at 25007 F 4t 18 20, and at 3000 F 1t 19 86

To obtain these very promising results, compressors of high
pressure and turbines of hish expansion ratio ars essential,
Much of our compressor and turbine research has been directed
‘ with this end in view., The maximum pressure ratio of any tur-
bine-propeller engine now being built for service is about 8
end the lowest about 5., The compressors for these engines are

x gquite bullry; the centrifugal has a large diameter and the axial
is long. In considering engines of the high pressure ratios
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ascsociated with these performances, one would expect them to
become so bullky as to be impractical, particulerly in regerds
to length. Tortunately, good progress has been made during
the last few years in increasing the pressure ratio per stage
of both axial and centrifugal. There has also been a marked
increase in flow capacity and efficiency. Very encouraging
results have also been obtained on supersonic compressors,

he results on our turbine research indicate that very high
expansion ratios can be obtained with good efficiency and that
cooling can be provided for operating at temperatures much
higher than used in current engines, Cooling should also
improve reliability and make possible the use of non-strategic
materials, The application of the results of this research
to new power plants should make it possible to build engines
of pressure ratios of 16 or 20:1, without any appreciable in-
crease in bullk or weight with nower output several times that
of present engines and with apnreciably improved econony,
Incidentally, these results of this research should also
enable us to build more compact turbojet engines, My asso-
ciates will discuss the results obtained in our investigations

on turbine cooling, turbines, and compressors that are essential

in obtaining these high performances. I, Zllerbrock will now
tell you about our worl on turbine cooling or high temperature
operation,



EFFECT OF TURBINE INLET TEMPERATURE
ON ENGINE POWER

HOLLOW BLADE

POWER

FILM COOLING 12 FINS
PRESSURE RATIO 8 TO 1

FUEL CONSUMPTION 0.440

HORSEPOWER = =—

1500 2000 2500 3000
TURBINE INLET TEMPERATURE, F

Figure 1. Figure 2.
COOLING EFFECTWENESS OF HOLLOW BLADES COOLING EFFECTIVENESS OF VARIOUS TYPES
MADE OF VARIOUS MATERIALS - OF AIR COOLING FOR S-816 BLADES
3 o 3
£ 3000 £ 3000
£ 2000 - — £ 2000
giooo'z s il E,ooo"mm TURBINES 1
0 02 4 06 08 10 0 02 Ty 06 ® 10
WEIGHT OF COOLANT WEIGHT OF COOLANT
“WEIGHT OF GAS WEIGHT OF GAS
Figure 3. Figure 4. TNAGA

C-22556
11-29-48



TURBINE &
TURBINE
COOLING

!

e




SCMT ASPRCTS OF HIGH-TEMPZRATURT TURBINE RESEARCH

d LRI L AN A gLl
by H. H. Ellerbrock and J. B. Esgar

The great importance of operat ing turbines at high inlet
temperatures was discussed by the previous speaker. Vigorous
efforts are being made by the NACA to find means of building
turbines that can withstand gas temperatures up to 3500° F,
the approzimate temperature limit that can be obtained with
nresent hydrocarbon fuels,

The ideal method of doing this would be to use materials
capable of withstanding the necessary stresses at high tempera-
tures. One aspect of research by the ITACA on this method has
been the development of ceramic blades for turbines especially
those for missile engines., This 1is a sample of the céeramic
blades. A turbine with blades of PBureau of Standards Body
4211 material, which is mostly a beryllium oxide, has been oper-
ated at tip speeds up to 840 feet per second at turbine inlet
temperatures up to 1800° F and the turbine has been run at
2000° ' at reduced tip speed, Heat-shock and blow-out tests
have been made where the gas temperature dropped from 1800° to
300° I' in as little as 4 seconds without harming the blades.
Research on this promising method of obtaining turbines capable
of operating at high temperatures is continuing. Three reports
have been published on the results of these studies to date,

Another method of anproach to which much effort has becn
directed to obtain high-temperature turbines is to cool the
turbine blades which are the most critical parts of the turbine
because they are in direct contact with the holt gas. Its pur-
poses are twofold: First, to extend the gas temperature range
of turbine operation and, sccond, to utilize nonstrategic alloys
where high-temperature alloys are now used. The utilization
of nonstrategic alloys 1s especially important for turbojet
engine application where very high temperatures are not
necessary,

Analytical studies have been made of several methods of
cooling turbine blades., A solid hblade can be cooled by the
conduction of heat along its length to the cooled rim of the
turbine rotor — this is called rim cooling. Blades can also
be cooled by the heat béing removed by air or water flowing
through passages inside the blades, Consider this large scale
model of a hollow, air-cooled turbine blade, the cooling air
flows through the blade and is then ducted into the exhaust jet
of the enpgine, A aketch of this blade oross section is 1llus-
troted on tHxks figureZ,ﬁWm figure also shows some other typ-
ical cross sections of air-and water—cooled turbine blades,

If an insert is inastalled in the blade passage, the air is
forced to flow hetwesen the insert and the blade wall, which
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increases both the air velocity and the cooling effectiveness.,
The provi°ion of fins in the blade passage along its entire
length, as shown on the slietches of the 12 fin and 24 fin
blades, increases the heat-transfer surface in contact with
tas cooling air., If slots are cut in the walls of a hollow
blade, it allows the cooling air to flow through these slots
and out over the blade surface, forming a cool, insulating
film of air between the blade and the gas stream - this is
called film cooling. Water-cooled blades have this general
comfiguration, It 18 necessary that the holes through which
the coolant flows be round because of stress considerations
from the water pressure et high rotative speeds., The cooling
water is continuously reeirculated through a radiator similar
to a liquid-cooled reciprocating engine application.

The results of analytical studies comparing the effective-
ness of the different methods of turbine blade cooling will be
presented, These results are comparative only because of
assumptions made in the analysis for simplifying purposes,

The first method of blade coolin; to be investigated was
rim cooling. The studies showed thot the allowable increase
in turbine inlet temperature 1is only about 150°. e 200Y P
with present turbine blade materials but blade life can be
increased with small decreases in the rim temperatures,

The next step in the turbine—cooling investigation was
to dctermine the effectiveness of air cooling hollow blades.
Some results of these analytical studies are shown in figure

illustratin~ the cooling effectiveness of hollow blades

made of various materials, The allowable effective gas tem—
perature, which is the temperature effecting heat transfer,
is plotted against the ratio of weight of coolant flow to weight
of gas flow for the case of air flowlnﬁ through hollow blades
made of four different alloys, st ratlo of coolant flow-to-
gas flow will be denoted as dil utlon hereafter in the discussion
of air cool1nb. Coolln:—41r temporature at the blade inlet
was assumed to be 300° T and limitins blade temperature was
based on stress-rupture data, The circle point on .the figure
shows the present limit for uncooled turbines having 9—816
alloy blades, (About 1330° P effecctive gas tbnnerﬂture, which
corresponds to about 1500° I' turbine inlet temperature,) With
5 percent dilution, the tentative value considered permissible
at present for air cooling, this analysis shows that turbines
with blades made of the best alloy evaluated, S-816, can be
operated at a gas temperature about 350° P hisher than that
of the unCOOluQ burbine.  S=816 alloy, however, 14 HOW con—
sidered a strategic nmate ﬂfl and substitute metals arc being
sousht. The metals shown on the -figure were evaluated as
posasible substitut;r; inconel 1e& less strategic than 3-8186,
SAT 4130 has less than 1 percent of any strategic metal, and
oA 1015 is ovdinary automoblle fender steel. The 1mno”t mncee
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of bzing able to use nonstrategic materials must not be over-
lookad cduc to the acute shortage of metals used in high-tem-
nerature alloys., At a dilution of 5 percent, the results show
thet with hollow air-cooled blades of the substitute metals the
allowable effective gas temperature for the turbine will be
lower than that for nrcesent—-day uncooled turbines with S-816
blades, It is known from more rigorous analyses that when
eycle pressure ratio and turbine inlet temperature are in-
creased simultaneously to achieve hish performance the amount
of heat transfer is increased and greater dilutions than those
shown here are req uired for adequate blade cooling.

It is readily sceen that something better than hollow
blades are needed if high gas temperatures are to be obtained

air cooling., This is especially true if nonstrategle
metals heve to be used., Consequently, studies were made to

a

evaluate the cooling effectiveness of the air-cooled config-
urations in figure Z which were previously described; these

5
are the blades wlith the insert, 12 fins, and 24 fins in the

ing passage and the film-cooled blade. Some results with
these blade conficurations made of 3-816 arc shown in figure

which illustrates the cooling cffectiveness of various

types of air-cooling for S-816 blades, Hero again the allow-
able effective gas temperature is plotted against dilution,
The colors of the lines correspencd to the colers on these
sketches of blade configuration, All configurations theorct-
ically provided a higher &llowable effective gas temmerature
than that for the hollow, air-coolcd blade, Operation at 3500° F
is made possible with 24 fins in this particular blade at a dilu=
tion of about 6 percent. This value is slightly more than that
now considecred allowable, but the actual limiting value of dilu-
tion will have to be determined experimentally,

The blade with 24 fins was so promising that further cal-
culations werc made to determine the allowable effective gas
temperatures for this configuration using metals shown on the
first figure plus an aluminum alloy. Figure 5 shows
the cooling cffectiveness of blades _made of various materials
and having 24 fins., The results indicate a nonstrategic alloy
like SAE 1015 stecel at a dilution of over 3 percent 1s capable
of withstanding gas temperature hicher than for the uncooled
turbine and that 3500° T operation is possible with the hicgh
temperature alloys, The aluminum alloy would be of little use
at a cooling air tempcrature at the blade inlet. of 300° F, tho
temperature used in the calculations for this figures but if
the air temperature could be dropped to 100° P, operation at
1500° F effective gas temporature with this configuration would

o

i
be possible at a dilution of about 9 percent,

In ordoer to extend the gas temperature limit above that
cbtainable by air cooling, studics wore made of the effective-
G g

o
ness oif water cooling with this blade configuration. Results
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of the analybical studies arc illustrated in Ffigure (;

showinr the cooling effectivoness of water—cooled hlades made
of various meterdals, This ficure 1s similar to the figure
just discussed; the same metals arc evaluated and the coolant
tomporature wos assumed to be 200° I'. Jith this typo cooling
it would be possible to operate at 3500° I' gas tcomperature

at coolant Tlows of 3 to 9 ncrecent of the gas Tlow with all
alloys shown except aluminum, and cven aluminun could be uscd
at tempcraturces above the operating limit of uncooled turbines,
For instance, with the coolant flow 10 percent of the gas flow.
the allowable effeective gas temperature is 1600° F which cor-
rasponds to about 1800° F turbine inlet tempereturc. These cal-
culetions have been verificd to some extent in that an exper-
imental water—cooled aluminum turbine, designed at this
laboratory has been successfully operated to date at turbine
inlet ras temperatures up to 2200° F. The fact that this tur-
bine was able to operate at a temperaturc 400° higher than the
moximum shovm on the figurc was made possible by the cooling
weter temperature being 100° F instead of 200° F; and in addi-
tion, the amount of coolant flow wes considerably higher than
for these caleulations. Liguid cooling conld probably be used
most successfully in long range ty ¢ of aircraft where long
engine life and fuecl economy are quite important,

To sum upsy the results in goneral show that two great
advantages con be obtained by turbine ecooling: (1) it is
possible to usc nonstrategic metals in cooled turbines while
mointaining the gas temperaturc at levels as high or hicher
than is now standord w»ractice in uncoolcd machines, and (2)
using hoat resistent alloys the ges tempcrature range of oper-
ation can bc increcascd so that large incereases in power can be
obtaineéd, The coeling of turbine blades dictatss the use of
slightly thicker blade shapes than these in eurrent use, The
acrodynamic aspects for obtaining suvitable blede shapes will
be discussed by the next sneaker, Mr, HEnglish,

4
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TURBINE AERODYNAITICS
by Robert E. Znglish

In advancing the turbine-type of engines ma jor improve-—
ment in engine performance will result from the solution of
two research problems: (1) increasing the turbine inlet
temperature with the aid of turbine cooling, and (2) raising
the ongine pressure ratio, The research on turbine aerody-
namics is so directed that the turbines will satisfactorily
mect these changing requirements., Three gencral turbine
characteristics have been set as the foals toward which the
turbine regearch is directeds

i s e e

(1) Blades shaped to contain the required cooling
passoges but still acrodynamically efficient

(2) Velocity distributions on thc stator and rotor
blades that keep the transferrcd heat to a minimum

(3) High pressure ratio per stage with high stage

efficicney

Goal 1, — If turbine cooling is to be used, the turbine
blades must nccessarily be thick enough to permit cooling
passages to be built into the blades. This problem is illus-
trated on the next figure (Fig. 7 ). This blade was designed
to accommodate cooling passage and may cesily be cooled, This
blade wes designed for no cooling and is typical of the blades
for which design informetion is . available, The blade is not
only thin but twisted, both of which complicate the process
of constructing cooling passages. To design thick, untwisted
blades requires careful specification of the velocities in
the turbine, and it is toward this end that some of our re-
seayeh is directed,

Goal 2, — To minimize the heat transferrcd from the hot gas
to the turbinec bladcs requires knowledge of the boundary-laycr
flow on the blades (Fig. ¥ ). If the boundary-laysr flow is
laminar, smooth, streamline flow takes place along thec blade
surface, This permits the boundary laycr that is coolcd near
the blede nose to rcmain in contact with the blade and form
an insulating blanket to proteet the rest of the blade. If the
boundary layer is turbulent, smmoth, streamline flow is not
obtaincd and the scouring action of the turbulcnt flow re-
places the cooled gas ncecar the blade with hot gas from the main
strcem. '/ith a2 laminar boundary layer the heat-transfer rate
is less than half of the ratec with 2 turbulent boundary layer,
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If the heat-transfer rate is low, few cooling passages -are
recquired. Also, if a laminar boundary-layer blankets the

region near the tail, the last cooling passage need not be so-far
boelk in thot slender rcgion. Becausc a laminar boundary layar

is a great 2id to turbine cooling, a portion of our rescarch

is directed toward detcrmining the design conditions that will
producc laminar boundary layers.

In working toward the third of our three goals, this
laboratory has recently improved the pressure ratlio and gffi-
ciency of its turbine stages. These higher pressure retios
arc desirablc beecause the number of turbinc stages may then
be reduced, thereby decrecasing both the cenginc weight and the
recquired amount of cooling., In this work we use two cold-air
turbines, one of which is herej the other is Jugt behind you.

A partially bladed rotor from this turbinc is displayed herec.
The performance of one set of blades is shown in the next fig-
ure (Fig. 7 )o (Describe.) 'ith this design both high pressure
ratio and high efficiency werec obtained,

Although we obtain a grecet deal of information from thesc
turbines concerning the over-all performance of the various
designs, mecasurcment of the flow conditions within the rotor-
blade pessages presents a difficult instrumentation problem which
has not yet been solved for machines of this size. To detsrmine
the flow conditions within the rotor-blade passages, we resort
to a two-dimensional approximation for the three—dimensional
conditions in the turbine by mounting untwistcd blades of uni-
form sestion in a cagcads rig, This is' just 1ike pleging an
airplance wing in a wind tunnel, The cascade iz schematically
shown in the next figure (Fig./0). The blades arc shown mounted
in a rcetangular duct through which the air flows in .this dir-
ection, Holes drilled in the blade surface are used to measure
static pressurc on the blades., This instrument downstream of
the blades detormines the angle of flow and the losses. In
this rig we can compare the actual and theorctical velocity dis-
tributions on the blades. One of thesc comparisons is pre-
sented on the following figure (Fig. /l). (Describe.) The
veclocities agrec cverywherce cxcept near the tail, where a normal
shock occurs within the blade channcl to invalidate the design
assumptions, The occurrcnce of the shock may be confirmed by
looking at a schlieren photograph, which permits the shock
waves to be discerned. A schlieren photogroph at this same
opcrating condition is presented in the following figure (Fig.
?:_). This shows the cascade with the flow through the bladcs
in this dircection., Herc is the normal shoek within the blade
ehannel as the pressure measurements indieated., This 1s ‘the
shock pnattern at thc blade cxit that accompanics high nressurec
ratios, These blades have a channcl width that continuously
dcerecascge from ontrance to cxit so that the blades cholze at the
exit., This shocl: pattern’ls obtained by cxpanding from sonic
speed to supcrsonic speeds at the exit from the blade row,
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Blades of thils typoe have the sdvantagc of operating satis-
factorily over the entirc range of subsonie velocitiss and
also well in the supersonic r?n”c. As part of thc program
of ralsging the prossure ratio per sztage, atudies are being
made of tho shocl patterns at the blade cxit.

To summarize, the blades must be shaped to contain the

cooling passages; the boundary-layer flow must kcep the trans-
forred heat to a minimum; the turbinc stages must have high
pregsure ratioc and high efficlency: By moans ol sbjective
research such as this, this laboratory is producing methods
for turbine dcsign that will satisfy the changing rcquirements
of turbines for aircraft.

As an examplc of the NACA's research on turbines onc of
the experimentcl water-cooled turbinés is on display in the
next roo. The turbine is running at a tip speed of .
10,000 rpm. Instruments above the turbine indicate the
inlet gas tempcrature and the temperaturc of a representative

turbinc bledec, See P‘IOtOQYQPA (’-—22317‘7‘ mexf /)afe.
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CENTRIFUGAL COLPRESSOR RESEARCH
by John D. Stanitz
The introductory speaker at the previous demonstration pointed out the
need for small, efficient compressors with high pressure ratioss This need

has resulted in the following objectives for compressor research {fige—rs

OBJECTIVES OF COlIPRESSOR RESEARCH
(1) High efficiency
(2) Small frontal area (for a given air-flow rate)
(3) High pressure ratio per stage (to obtain a compressor with the
minimum number of stages)
(4) viide flow range (at satisfactory efficiency)
(5) Simplicity (which in general leads to reliability, low cost,

and low weight)

At the present time three compressor types apprear most promising with
regard to these objectives. The three types ares (1) the centrifugal,
(2) the axial-flow, and (3) the s upersonic compressor. Each of these types
will be discussed briefly at this demonstrations This concludes the general
introduction to compressor research., The centrifugal type compressor will
now be considered.

hLdvantages of the centrifugal compressor are; (1) high pressure ratio
per stage, (2) wide flow renge, and (3) simplicity. The simplicity of the
centrifugal compressor is especially important at the present time because
the resulting ease of manufacture enables low cost, quantity productions. On

the other hand, two major problems of centrifugal compressors are: (1) large
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frontal area, and (2) low efficiency compared to the axial-flow compressore

The first major problem, the large frontal area, is being attacked by
the NACA on axial-discharge centrifugal compressorses The impeller of such a
compressor is exhibited on the stage. The flow enters and leaves the impeller
in the axial direction and centrifugal compression is obtained by the increased
radius at which the flow leaves. A discussion of this work was given at the
annual inspection last yecar and two reports have since been issueds The
frontal area of this compressor is less than half that of conventional centri-
fugal compressors and approaches the low frontal area of axial-flow compressorse.
However, the efficiency is 5 to 10 points lower than the efficiency of axial-
flow compressorse This is the case for all centrifugal compressors and leads
to the second major problem, i.e., the relatively low efficiency.

At thelpresent time the design of centrifugal compressors is primarily
an arte The design is not based upon detailed knowledge of flow conditions
within the impeller. If these flow conditions can be determined and controlled,
then the efficiency of centrifugal compressors can be as high as that of axial-
flow compressorse

As a first step in this direction analytical methods have been developed
vhereby the flow conditions within the compressor can be computed for compres~

s
[

sible, nonviscous flowe A rcsult of the analysis is shown on figure 5 °

his plot shows the streamlines for flow through an impeller with 20, straight,
radial blades, IThe impeller rotates in the clockwise direction and the air
enters the impeller near the center and flows outward between the impeller

blades and into the vanelecss diffuser along the streamlines indicated on the

chart, For the flow rate and rotational speed of this example an eldy forms



on the driving face of the blade as showne From this streamline configuration
velocities and pressures can be determined and in this example the velocities
were found to decelerate rapidly along the trailing face of the blade « For
a real, viscous fluid this deceleration leads to separation of the flow from
the blade surféce and results in low compressor efficiencye

These phenomons., associated with real, viscous fluids, are not accounted
for by the idcal theory. Thereforc, tobinvcstigate these phenomena and to
provide a basis for the correlation of the ideal theory with experimental fact
the NACA has designed and built a research compressor which is sufficiently
large to accommodate complete instrumentation of the impellere. The impeller
of this compressor is exhibited on the platform and a cross-sectional diagram
of the assembled rig is shown in figure j# ¢« The impeller diameter is 48
inches and the collector diameter is 100 inches. Air flows into the compres-
sor at the hub and outward through the impeller and vaneless diffuser into
the collectore The readings of 168 static and total pressure taps on the im-
peller are transmitted to manometers through the pressure commutator as shown
in figure :4. The experimental information thus obtained will be correlated
withithe theoretical pressurcs and velocities and from this correlation
between experiment and analysis the what and the why for flow conditions in
centrifugal compressors will be obtaineds From this knowledge methods of
design can be determined for centrifugal compressors, including the axial-dis-
charge compressor, with higher aecrodynamic efficiency and better over-all
performance,

This concludes the discussion on centrifugal compressor research. The

next speaker, lir, Sinnette, will discuss the research on axial-flov compressors.
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SUBSONIC AXIAL-FLOW COuPRESSOR RESEARCH

by John T. Sinnette, Jre

ire Stanitz has pointed out the advantages and disadvantages of the
centrifugal as compared to the axial-flow compressor. The present-day axial-
flow coﬁpressor is undoubtedly much more complex, expcnsive, and difficult
to manufacture than the centrifugal compressore This fact is strikingly shown
by a comparison between the thousand or so blades required in an axial-flow
compressor with the few dozen rugged blades of a centrifugal compressore.

In spite of these handicaps, hovever, the modern trend in turbojet and
turbine-propeller engines is toward the axial-flow compressor, because of its
intrinsically high efficiency, outstanding air-flow capacity per unit frontal
area, and ease of staging to obtain high pressure ratio. The necessity of
being able to produce these compressors in large quantities in any national
emerécncy makes it essential that every effort be directed toward minimizing
any undesirable features.

The cost and difficulty of menufacturing large numbers of precision blades
is a problem of utmost importance., Research is therefore being directed
towards reducing the number of blades required and simplifying the shape so
as to reduce the cost per bladee The cost of the blades can also be reduced

considerably if the tolerances on blade accuracy can be relaxed somewhate

Although little is knowm at present about the cffects of manufacturing tolerances

on compressor performance, rescarch is now being directed towards determining
these effectse.
Onc of the most effective methods of reducing the number of blades is by

inereasing the pressure ratio per stage so as to rcduce the number ol stages
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required, This increase in pressurc ratio per stage is also of considerabls
value in reducing the over-all length of the compressor,

The method of obtaining pressure rise in an axial-flow compressor is
shovn in figure e s which illustrates a typical row of blades. As is
well known, this type compressor may be considered as a series of diffusers
wherein the pressure rise is obtained by a reduction in the relative velocity
through each blade row, If the entering velocity is subsonic, diffusion is
obtained by increasing the effective area accomplished by turning the air in
the axial directions The pressure risc that is obtainecd in this diffusion
process depends on the entering lach number, the ratio of inlet to outlet arca,
and the efficicnoy of diffusione The ratio of the inlet to thc ocutlot area
will be referred to hercafter as the area ratio and for compressoré will be
less than 1.

The pressure ratio that would be obtained in an ideal diffuser of 100

/

percont efficiency is shown in figure vhere the pressure ratio is

’
plotted against the entering Mach number for several different area ratios.

The rapid rise in pressure ratio with increasing rach number indicates the
importance of using as high a Mach numbcr as possible to obtain high pressure
ratio per stagce The pressure ratio can also be increased by decreasing the
area ratio as is secn by comparing the different curvese. This decrease in
arca ratio is accomplished by turning the air through a larger angle. The
method of obtaining larger turning of the air is illustrated in figure f] -

On the left we sce conventional blades designed to produce small bturning of the
aire The blades have little camber or curvaturc of thc mean line., If larger

turning is desired it is nccessary to go to blades with morc camber as shown

at the center, However, if the turning is too large, or the lkach number too
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high, the flow may scparate from the blades becausc of the high blade loading.
This flow separation can generally be avoided by placing the blades closer
togcther as shown at the right. But closer spacing means more blades per

row and higher skin friction. Thus the determination of the optimum combina-
tion of camber, spacing, and dach number is of considerable importance,
particularly since larger turning causes the blades to stall at a lower Mach
number .

Figure shows some of the more promising results to date of the NACA
rescarch directed towards obtaining the optimum combination of these factors,
The red curves show thec stage total pressure ratio and efficiency plotted against
the relative entering lach number as determined on a l4-inch expariment com-
pressor with a hub-tip ratio of C«s8. The corresponding pressure ratio of an
ideal compressor of 100 percent efficiency is shown for comparison by the blue
curve. As can be seen, the experimental pressurec ratio does not continue to
rise with ifach number as does the ideal pressure ratio but reaches a meximum
beyond which it drops off rapidly. The peak in the pressure ratio curve is a
result of the rapid drop in efficiency beyond a certain Mach numbers This rapid
drop in efficiency is associated with the occurrence of local supersonic flow
regions over the blades and the production of shock waves and flow separation,
Although the occurrence of this phenomenon has long bcen recognized, it is
only receﬁtly that sufficient dctailed knowledge has been obtained on the vari-
ation of efficiency with lach number to pcrmit accurately designing compressors
to obtain the maximum practical pressure ratio per stages At a relative
entering iach number of 0,8, we note that the stage pressure ratio exceeds leo4
at a recasonebly high efficiency. This represents e substantial gain over the

stage pressure ratio of 1,15 typical of present-day compressors. Although it
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may not be practical to obtain the same high pressure ratio in all the stages
of a multistage compressor, the present results nevertheless indicate that,
with proper design, it should be possible to reduce the number of blades in
a multistage compressor by approximately 35 percent with a corresponding de-
crease in compressor length and an increese in reliabilitye.

In contrast to compressors with low pressure ratio per stage, where the
design is not very critical, the design of compressors with maximum pressure
ratio compatible with high efficiency and high air-flow capacity is quite
critical and mekes it imperative that we obtain more accurate and detailed
information on the flow processes within the compressors

For this purpose, several l4-inch experimental comprcssors have been
used extensively at this laboratory to obtain such valuable information as
Mach number and turning anglc limitations with different typcs of bladess
The exprrience with *these compressors, however, has shown that much larger
compressors are nceessary for investigating the details of the complicated
flow processcs within axial-flow compressorss, A 30-inch compressor has been
built and is installed in the setup to investigate these processes in compres=-
sors having up to four stages, But even this compressor is not large enough
to investigate such important problems as the boundary-layer flow and pressure
distribution about rotating bladcse To satisfy this need, this 72-inch com-
pressor has been built and will be ready for use in thce ncar futures

In order to obtain the most out of this cquipment, it is necessary to
supplement the experimental work with oxtensive theoretical investigationsas
To accomplish this end, a separate section is devoted to fundamental analytical

investigations on problems rclating to compressors and turbines.
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In summarizing, we may say that a substantial incrcase in pressure ratio
per stage has already been obtained as a result of the investigations dirccted
torard detormining the optimum combination of Much number, blade camber, and
blade spacing; and, thot the incorporation of thesc principles in multistage
compressors should result in o substantial reduction in the number of blades
and thc axial l-ngth, and an increasc in the reliability of future compressorse

So far we hove been concerned only with the so-called subsonic axial-flow
compressor. Ve have secn that liurge thcoretical gains in pressure ratio are
obtainable by incrcasing the Mach number, and that the main reason for restrict-
ing ourselves to subsonic flow is the rapid drop in cofficicncy that has been
experimentally found to occur with conventional airfoil blades as the inlet
Mzch number approachcs onec.

're Graham will now discuss vhat the NACA has donc to dcvelop special
blades that will efficicntly diffuse supcrsonic velocitics and thus obtain

much higher stagc pressure ratios than arc possible with subsonic compressorse



Figure 17.

Figure 18.
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SUPERSONIC COMPRESSORS

by Robert C. Graham

As pointed ocut by lMre. Sinnette, one of the major factors limiting the
pressure rise attainable in axial-flow compressors is the liach number rela-
tive to the bladess An analysis of the problem indicated that if high
relative velocitics could be used, the pressure ratio could be increased con-
siderablyes The NACA, thcrcforc, initiated an investigation of special blade
shapes over which the vclocities arc greater than the speed of sound, and to
which the conventional limits of pressurc ratio do not apply.

Although supersonic compressors are in the early stage of development,
results alrcady obtained have shown that it is an outstanding compressor type,
and that it has inherent advantages of high pressure ratios per stage and high
mass flowe

One method of utilizing supcrsonic velocities in o compressor is illustrated
in figure i?. The compressor consists of a row of specially shaped rotor
blades which revolve at a very high speed followed by a row of conventional
subsonic stator blades which arc stationarys. The air enters the compressor
in an axial direction and with a velocity closc to the specd of sound, thereby
providing a high mess flowe The inscrt shows an cenlarged view of the rotor
and stator bladc passages The subsonic axial velocity combined with the high
rotational velocity of thc rotor results in a supersonic velocity relative to
the moving bladese

The rotor passage mey then be considered a supersonic diffusere At design
conditions, a normal shock wave is formed at the point of minimum area. As

the air passes through this shock, of course, the pressure is increased and
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the velocity becomes subsonice A further increase in pressure is obtained
from the diffusion of the air in the passage following the shocks. The air
then leaves the rotor passage in this direction relative to the moving bladess
Now, again applying the rotative speed of the rotor, which tends to carry the
air around with it, the absolute velocity of the air entering the stators is
subsonic and is in this directione Thc operation of the stators is, therefore,
the same as in a conventional subsonic comprcssore.

Figure :ﬁjshows the theoretical pressurc-producing capacity of this type
of suprrsonic compressore Prcssurc ratio for a singlc stage is plotted as a
function of bladc turning anglc and compressor tip spcede Blade turning angle
is defined as the angle through which the.air is turned in passing through
the rotor. For purposes of this figure the pressure ratioc is calculated on
the basis of two-dimensional flow, considering only normal shock lossss,

These theoretical curves show that this supersonic compressor is capable
of producing cxtremely high pressure ratios in a single stagee Pressure ratio
increases with turning angle and tip speeds However, as pointed out by lire
Sinnette, there is a limiting entrance lach number into subsonic stator blades,
thercby restricting the performance to the shaded area. It may be possible
to design stators for supersonic flow also, but since this creates complex
problems -of stability, the NACA has, to date, restricted its rcsearch to com-
pressors with conventional subsonic stator bladess T.hen losses are taken
into consideration, it is probable that this type of supecrsonic compressor
with subsonic stators will be limited to pressure ratios of 3% or 4 %o 1

The attainment of these pressure ratios in a single stage will, of

course, be of grest significance in the gas turbine fiecld.
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at the vpper r«'ght on the d(kp/ay boayd (See P/lofo§raph 6’223%)
Shownhan_ftgnza. is the rotor used in the initial investigation

of the supersonic compressor in air at this laboratorye The rotor blades
are very thin and therefore had to be supported at the tip to prevent des=~
tructive vibrationse In order to obtain the required structural strength,
it was found necessiry to machine this rotor from a solid steel forging.
The machining was therefore a complex, time consuming, and costly processe

At the 1947 inspection, the performance of this compressor was shown
for a single operating speed. At this time I would like to present the per-
formance over the entire speed range, and point out a fow of the more important
results obtained from the analysis of the data.

Figure ;shows the ovcr-all operational characteristics of the compres-
sor, with pressurc ratio plotted as a function of weight flow for a range of
tip specds. Bcefore these results were obtained, it was felt that the com=-
pressor might not opcrate satisfactorily until high tip speeds were reached,
thus croating problems of lowe-spced operation and acceleration, However, no
such problems were encountereds As can be seecn, the performance at 800 fect
per sccond is comparable to a present-day subsonic stage, with a wide range
of weight flow and a pcak pressure ratio of 1+18. As the speed is increased,
through the transonic range, the peak pressure ratio increascs and the
characterestic curve becomcs more verticale At a tip speed of 1765 fect per
second, the compressor reached a pressure ratio of 2,08 and operatcd at the
nearly constant weight flow that was predicted from supersonic theory. This
pressure ratio is, howevcr, less than that for which the comprcssor was designed.,

A morc complete analysis of operation, based on detailed flow measure-

mmts, indicated two methods of improving this performance, The first method
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can be illustrated by rcference to figurej,éfwhich shows a profile view of a
blede passage. On the basis of the two-dimensional theory used for this de-
sign, air e ntering the blade passage at a given radius was expected to flow
straight through the rotor. Instead it was found that forces were created

in passing through the shock which deflected the air inward in this manners
This resulted in concentration of flow at thc hub, with the tip section of
the passagce being practically ineffective. As a result the expected diffusion
in the passage was not obtained and the pressure ratio was therefore lower
than that predictedes On the basis of this study, it became apparent that

the three-dimensional aspects of flow must be taken into account and that the
blades must be designed to ¢liminate the forces which cause the deflection

of the stroam lines,

The second methed of improving the supcrsonic compressor is to incrcase
the blade turning angle. This inercased turning is accomplished by oblique
shock wuves in the passage ahead of the normal shocke . There are two advaentages
to this supersonic turning: (1) the pressure ratio is substantially increased
as was shown on a previous chart and (2) the blades can be made considersbly
thicker than those used in the 1n1t1a1 COmMpressors

Showw ov the display boavd 15 a seécond votovr the blades ave

¥&gufe————shews—&—b%&é%«des1gn<d on this basisa Since if:iﬁAapproximately
three times as thick as the thin initial blades, it is possible to eliminate
the shroud and use blades which arec machined separately and inserted in the
rotor hube The significance of this improvement in compressor design from a
manufacturing standpoint is evident from a comparison of this rclatively
simple rotor with the complex rotor used in the initial investigation.

In order to fully realize the potrntialities of the supersonic com-
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pressor, the NACA is conducting an extensive rescarch program. Results al-
ready obtained, on which I have touched bricfly, have been released in the
form of three reportss The objectives in this program are the same -as those
of over-all compressor rcsearch; that is, to obtain high pressure ratio per
stage, small frontal arca, and good efficicncy; at the same time to provide

e compressor that is simple, and easy to manufactures The attainment of thesc
gencral objectives on the centrifugal, axial-flow, and supersonic types of
compressors is essential for maximum performance of gas turbinc power plants

for aircrafte
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